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Cislunar Space Situational Awareness

In the coming decades, space traffic within the cislunar region is expected to grow exponentially, driven
by an increasing number of planned missions to the Moon and related studies. Since severe issues with
the management of man-made space debris have already been observed in near-Earth orbits, it is crucial
to address this problem proactively to prevent a similar situation from developing in the cislunar region. This
is particularly relevant given that managing debris in the cislunar environment would be considerably more
challenging than in near-Earth orbits, due to the greater distance from Earth and the inherently nonlinear
and chaotic dynamics that characterise cislunar space. The most effective approach to address these issues
would be to incorporate mitigation measures directly into the mission design phase, for instance, carefully
planning a priori low-cost, robust End-of-Life (EoL) disposal phases, particularly for spacecraft orbiting in
regions expected to host a significant proportion of future space traffic. In this scenario, a key role is played by
Near Rectilinear Halo Orbits (NRHOs), which are considered highly attractive candidates for future missions. Of
the four main EoL disposal strategies available in the Earth-Moon (EM) system, two are particularly well-suited
to spacecraft operating in NRHOs: heliocentric disposal and controlled Iunar impact. The first relies on injecting
the spacecraft onto the unstable manifold of the reference periodic orbit, allowing the trajectory to leave the
EM vicinity passing through EM-L,, for then, with appropriate phasing between the EM and Sun-Earth (SE)
systems, transit through either SE-L, or L,. To prevent re-entry into the Earth’s neighbourhood, the SE Zero-
Velocity Curves (ZVCs) should then be closed to ensure a no-return escape. On the other hand, controlled lunar
impact can be defined as an optimisation problem. After inserting the spacecraft on the unstable manifold,
small manoeuvres are introduced to target Moon impact while ensuring that historical sites and protected
regions are avoided. The results obtained are then refined using an ephemeris-based dynamical model. These
two disposal strategies are applied to six cislunar Lagrangian Point Orbits (LPOs): 4 NRHOs, two in EM-L,; and
two in EM-L,, and 2 Halo orbits, one in EM-L, and one in EM-L,. The results obtained are then compared
in terms of AV, Time of Flight (ToF), and robustness. This work aims to provide a preliminary overview
of disposal design for EM-NRHOs, including an assessment of the dynamical mechanisms that govern such
disposal strategies.

1. Introduction space. Numerous missions are expected to reach this area in the near

future, ranging from large-scale programmes such as NASA’s Artemis

Cislunar space is a region strongly influenced by the combined
gravitational fields of the Earth and Moon. It is typically defined
as extending from the hyper-geostationary area to the Earth-Moon
(EM) Lagrangian points [1], and it is of significant interest for future
exploration. Not only does it represent the first frontier of space beyond
the near-Earth environment that humanity can access, but it could also
serve as a critical link between the Earth and more distant regions of

mission [2], to smaller science-focused exploration CubeSats. Never-
theless, operating in cislunar space is challenging due to its intrinsic
nonlinear dynamics, of which many aspects are still insufficiently ex-
plored for complete characterisation, and the great distance from Earth,
which increases operational and observational complexity.

In parallel with the growing interest directed towards the cislunar
region, international awareness of the space debris problem has also
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increased significantly in recent years. Various institutions are begin-
ning to recognise space as a finite environmental resource, the use of
which must be carefully regulated, like any Earth-based ecosystem. The
rapid growth in the number of launches and in the population of space
objects, both controlled and uncontrolled, orbiting in the near-Earth
region has already led to an exponential rise in the number of close
encounters, posing risks to current and future missions [3]. Given the
number of satellites planned to operate in cislunar space in the coming
years, it is essential to identify effective measures to prevent the rise
of a similar debris problem in this region, where the consequences
could be even more severe than those currently observed in near-Earth
space. This can only be achieved by promoting mission architectures
that are sustainable by design, integrating disposal, risk-reduction, and
long-term environmental protection considerations directly within the
mission design space. With this in mind, one of the most important
aspects of designing a sustainable mission is undoubtedly ensuring that
a spacecraft can be disposed of thoroughly at its End-of-Life (EoL).

In this work, two EoL disposal strategies are modelled and analysed
with reference to a set of orbits of particular relevance as eventual op-
erational options. Near-Rectilinear Halo Orbits (NRHOs) are members
of the Halo family characterised by close proximity to the Moon and
by higher linear stability compared to other types of Libration Point
Orbits (LPOs), making them particularly attractive as candidates for
future mission architectures. At the same time, NRHOs belong to a
dynamical regime with peculiar characteristics even within the broader
cislunar environment: the gravitational influence of the Moon is par-
ticularly strong, and the contributions of its higher-order gravitational
harmonics and of the Sun’s gravitational acceleration are not negligible.

Four main EoL disposal strategies can generally be applied to space-
craft in the EM system, according to ESA, “in order of preference:
heliocentric disposal, lunar impact, Earth re-entry, or a lunar graveyard
orbit” [4].

Once a disposal strategy has been designed, it is recommended
that the resulting trajectory is validated through long-term propagation
in an ephemeris-based dynamical model over a period of at least
100 years. Moreover, disposal strategies must not only comply with
safety requirements to avoid interfering with current and future mis-
sions, but must also be adapted to the specific dynamic characteristics
of the operational orbit in question. Given their geometric and dy-
namical characteristics, two disposal strategies are considered the most
convenient for NRHOs: heliocentric and controlled lunar impact.

Heliocentric disposal was first studied for LPOs in the SE system
in [5], and it is designed following a two-impulse trajectory escaping
the Earth’s neighbourhood. Given a certain location along an LPO in the
EM system, identified in this work through the phase angle, an object
is first inserted into its unstable manifold with a positive or negative
perturbation. It then follows the manifold’s natural dynamics first in
the EM Circular Restricted Three-Body Problem (CR3BP), and then in
the Sun-Earth (SE) CR3BP, once the influence of the Sun becomes
dominant over that of the Moon, until eventually reaching the SE-L, or
L, bottleneck. After passing through one of these, a second manoeuvre
is performed, and the Zero Velocity Curves (ZVCs) of the SE system are
closed with an energetic approach to prevent the spacecraft from re-
entering the Earth’s vicinity. This disposal strategy has been applied to
the Herschel and Planck missions; it has also been proposed for SOHO
and Gaia in [6], all operating in SE-LPOs; and again for the Gaia mission
in [7]. As concerns NRHOs in EM-L,, studies considering heliocentric
escape as a promising disposal option for spacecraft operating in the
reference orbit of the Lunar Gateway have been proposed in [8,9],
although with some relevant variation in the design of the escape
trajectories with respect to what has been developed in this work.

On the other hand, controlled lunar impact is approached as an
optimisation problem. An initial perturbation, either positive or neg-
ative, is applied to an object in orbit on an EM-LPO in the direction of
its unstable manifold. The satellite to be disposed of then follows the
unstable manifold until it reaches a certain position, at which point
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an impulse is given in the velocity direction. This lowers the perilune
of the orbit, resulting in an impact with the Moon after a maximum
of three impulses, including the one applied in the unstable manifold
direction. The objective is to minimise the total A}V required to perform
the procedure while imposing constraints on the maximum Time of
Flight (ToF) and impact points. The first constraint prevents the space-
craft from spending too much time in a region characterised by strong
nonlinear dynamics caused by the combined influence of the Moon’s,
Earth’s and Sun’s gravity, as well as that of the lunar gravitational
harmonics. The second constraint aims to avoid impacting regions of
historical significance, such as lunar missions heritage sites, as well as
regions of strong interest for future exploration, such as those close to
the lunar poles. Finally, the solutions obtained are refined preliminarily
in an ephemeris-based dynamical model, considering the influence of
the Sun, the Moon, the Earth’s gravity and the lunar gravitational
harmonics. Lunar impact was designed as a disposal option for the
Gaia mission in [7]. Cislunar debris mitigation analyses have also been
carried out in previous studies, although these were conducted mainly
within an ephemeris-based dynamical framework, for example, in [10].

Both disposal options are applied to six LPOs: four NRHOs, two in
EM-L, and two in L,, and two Halo orbits close to the NRHO regime.
The latter were included in the analyses for the purpose of a prelimi-
nary comparison between the behaviour of NRHOs during disposal and
that of Halo orbits. The two disposal strategies are compared in terms of
operational complexity, required AV and disposal time. Furthermore, a
set of key parameters that are expected to have a significant impact on
the outcome of the analysis has been identified and will be examined
in greater detail in future works.

2. Dynamical modelling

Various dynamical models can be used to describe the motion
of a particle orbiting in cislunar space, primarily influenced by the
gravitational attraction of the Earth and the Moon, but also affected
by other smaller effects. A dynamical model including them all yields
the most accurate representation of the real environment. However,
doing so increases the difficulty of isolating the contribution of indi-
vidual perturbations and results in longer, more complex simulations.
Approximate models, such as the CR3BP, account for only a subset of
the forces acting on the particle, assuming the motion takes place in
a region where specific effects predominate. Integrating such approx-
imated models into preliminary analyses and subsequently validating
the results within more complete dynamical frameworks can be an
effective strategy, provided that conclusions are drawn while having
in mind the assumptions under which such approximations remain
valid. This Section presents the dynamical models used in the analyses
conducted in this work, together with the corresponding relationships.

2.1. Circular restricted three body problem

The CR3BP [11] is a simplified dynamical model widely employed
to describe the motion of a particle within a region of space dominated
by the strong gravitational influence of two major primaries. In this
study, it is adopted as the reference dynamical framework, where the
two primary bodies are, respectively, the Earth and the Moon (EM-
CR3BP) or the Sun and the EM system (SE-CR3BP). The third body
is assumed to have a negligible mass and represents the satellite. The
orbits of the two primaries are assumed circular, revolving about their
common centre of mass with a constant angular velocity. The reference
frame associated with the model is a rotating one, centred at the
system barycentre, with the Equations of Motion (EoMs) formulated in
a non-dimensional form. The CR3BP EoMs are defined such that:

F=v
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where the potential-like function U is defined as:
1-p n
8 r
In this formulation, the parameter yx denotes the dimensionless
gravitational constant related to the coupling of the two primaries of
the system. Its value is 0.01215 for the EM-CR3BP, and 3.0404x 107 for
the SE system. The variables r; and r, represent the distances between
the third body and the two primaries, respectively. In the adopted
reference frame, the larger primary is located at x = —u, while the
smaller primary is located at x = 1 — u. Accordingly, r; and r, can be
expressed as:

1 1
U =0 +r)+ +SHd = @

1/2

(3

ry=((ry+ u? + ri + ri)

172 (4)

Lengths are scaled with respect to the mean EM or SE distance,
depending on the system under analysis, while time is scaled such
that the mean angular velocity of the rotating frame is equal to 1.
Dimensionless lengths are expressed in units of LU, standing for Length
Unit (LU), and dimensionless time is expressed in units of TU, Time
Unit (LU). Within the CR3BP framework, only one integral of motion
exists, known as the Jacobi Constant (JC), and given by:

ra=((ry =1+ W +15+r2)

JC(r,v)=20(r) - |v|? (5)

where U(r) denotes the potential function U(r) with the constant term
removed. According to this definition, an increase in the JC corresponds
to a decrease in the total energy of the system, and vice versa. Within
the CR3BP framework, five equilibrium points, commonly referred to as
the libration or Lagrange points L, through Ls, can be identified, along
with families of periodic and quasi-periodic solutions. The JC serves as
a reference parameter for classifying the states accessible to a particle
from a dynamical point of view, particularly those related to the
previously mentioned equilibrium points and families of periodic orbits.
In the spatial CR3BP, for a given value of the JC, denoted JC,, the
dynamics is constrained to a five-dimensional energy surface embedded
within the six-dimensional phase space. The regions accessible to a
massless particle with JC equal to JC; in a system characterised by the
gravitational parameter y are obtained by projecting this energy surface
onto the configuration space of the rotating reference frame. These
regions are traditionally known as Hill regions, whose boundaries,
referred to as Zero Velocity Curves (ZVCs), correspond to locations
where the kinetic energy of the massless particle is zero, thus defining
the limits of its possible motion. The ZVCs of the SE system in the Earth
neighbourhood are shown on the left-hand side of Fig. 1 as a function of
various JCs in the SE system. On the right-hand side of the same figure,
the Hill regions of the SE system evaluated at the JC corresponding to
SE-L, are reported.

2.2. Coupled circular restricted three body problem

In this work, the coupled CR3BP framework is adopted to describe
the motion of a particle governed first by the EM-CR3BP and sub-
sequently by the SE-CR3BP. An alternative dynamical model, which
describes a similar scenario, is the Bicircular Restricted Four-Body
Problem (BR4BP), i.e., [12]. In the present analysis, however, the
coupled CR3BP is preferred, as it allows full decoupling of the Sun’s
influence from that of the Moon, a characteristic that will be useful for
representing clearly some behaviours of interest.

The coupled CR3BP model adopted in this context is based on the
assumption that the SE and EM systems are coplanar, with the Moon’s
orbit assumed to lie in the ecliptic plane, and that the EM-CR3BP
approximation remains valid as long as the influence of the Sun on
the system does not exceed that of the Moon, and vice versa. Although
the approximation that all three primary bodies lie in the same orbital
plane affects the results, it significantly simplifies the formulation by
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requiring only a single angular parameter, rather than two, to define
the relative orientation of the two rotating reference frames.

A point mass in the EM system, initially located in the vicinity of
the Moon, is propagated using the EM-CR3BP dynamics until a specified
threshold is reached, at which point the dynamical model switches to
the SE-CR3BP. The formulation proposed in [13] is adopted: the transi-
tion from the EM to the SE-CR3BP occurs when, if modelled within the
BR4BP framework, the effect of the Moon becomes negligible compared
to that of the Sun on the trajectory. Vice versa, for transitions from
the SE-CR3BP back to the EM-CR3BP, it is determined when the Sun’s
influence becomes negligible compared to that of the Moon. The two
dynamical models are connected through a coordinate transformation,
defined based on the geometry of the system, schematically represented
in Fig. 2, where the subscript in indicates a generic inertial frame, SE
refers to the SE rotating reference frame and EM to the EM rotating
one.

The angle «, defined as the difference between «,, and «;, is used to
compute the geometric relationships between the two rotating systems,
knowing that:

Oppm — DSE

a=ay+ tEMm (6)

DEM
defines the evolution of the angle « in the EM system, being wy,, and
g the non-dimensional angular velocities of the two rotating frames,
respectively; ¢,,, the non-dimensional time in the EM system at which
a has to be computed; and «, the initial value of a, evaluated at the
generic initial time 7,. Using complex notation, to convert a position in
the EM system to one in the SE:

lem
bsg = Too eUbpy +1 - psg
SE %)
.= lpm
ISE ] ZEM
SE
where
bgp = Teop Tilyep bpy = Tepnt T y0m (8)

and I/, and /g, are respectively the characteristic lengths of the EM
and SE systems. To transform a velocity vector from the EM to the SE
system:

. ! 0] . ® .
bgp = =M LM pic (i(] - 3£ > < bpy + bEM>
lsp osg Op ) ©)
v _ lppm @EM
ZSE ZFR
SE ISE wSE EM
where
bgg = Uxgp 10y, bpy = Uy T10000 (10)

To perform the inverse transformation (from SE to EM), it is suffi-
cient to invert the equations.

It is important to note that both the EM and SE-CR3BP are au-
tonomous dynamical models, i.e., their dynamics do not explicitly
depend on time. However, the transformation from one system to
the other depends on the angle a, which is a function of the initial
relative configuration of the Sun—-Earth—-Moon system and could also be
interpreted as a function of time. Consequently, the epoch at which the
spacecraft propagation begins, expressed in terms of the initial value
@, is a key parameter in the definition of the outcomes of an analysis
performed in the coupled CR3BP dynamical model.

2.3. Ephemeris-based dynamical model and lunar gravitational harmonics

The CR3BP is a reasonable approximation of the dynamics of a
particle in cislunar space, where the coupled EM gravitational influence
is prevalent. However, this approximation becomes less representative
of the true, non-approximated dynamics of an object entering regions
of space where additional effects are no longer negligible, such as
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Fig. 1. Left: ZVCs of the SE system in the Earth’s neighbourhood as a function of JCg. SE-L, and L, are represented by a blue and a red dot, respectively. The
Earth, shown at the centre of the plot, is scaled to be ten times its actual size for visualisation. Right: Hill regions in the SE system, evaluated for a JCg, equal
to that of SE-L,. The EM centre of mass and the Sun are represented by a green and a yellow dot, respectively. (For interpretation of the references to colour

in this figure legend, the reader is referred to the web version of this article.)

1 %

Xin

Fig. 2. Approximation considered to model the relationship between the SE
and the EM rotating frame.

the influence of high-order lunar gravitational harmonics when in the
vicinity of the lunar surface. Using the coupled CR3BP dynamical
model, it is possible to reasonably approximate the motion of a particle
that is initially governed by the EM-CR3BP and subsequently by the SE-
CR3BP, i.e., a particle escaping the EM system. Instead, when designing
lunar-impact trajectories, an ephemeris-based model should be used
to refine the solutions initially obtained within the CR3BP framework
to account for the effects of lunar gravitational harmonics and the
Sun’s gravitational influence in the disposal design. Knowing the state
of a particle in the EM-CR3BP, it is first necessary to express it in a
reference frame coherent with an ephemeris-based dynamics: to do so,
the Moon-centred J2000 inertial reference frame is chosen. To perform
the coordinate transformation, a strategy similar to that described
in [14], and later also presented in works such as [15], is adopted,
but adapted to the specific case in which the transformation must map
the EM rotating reference frame to the Moon-centred J2000 frame, and
vice versa. Let r be the position of a point in the EM rotating reference
frame and 7 that same position in the Moon-centred J2000 frame. It is
possible to state that [14]:

#=kCr+b amn

where k = ||Ry; — Rg|| is a scaling factor, with R,, and R,, being
the position of the Moon and the Earth, respectively, in the J2000
frame centred at the EM barycentre, computed via the DE440 kernel
of the NASA SPICE [16] toolkit. The vector b shifts the centre of the
system from the EM barycentre to the Moon, and the matrix C is an
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orthonormal matrix representing the rotation from the EM rotating to
the inertial frame:
=2 ¢s = RxV
k [[RX V]
where R = Ry, — Rg and V = V; — V. The relation between the
velocity in the EM rotating frame, v, and that in the Moon-centred
J2000 frame, #, can be found as the derivative with respect to time of
Eq. (11). It is important to note that the transformation is ephemeris-
based, i.e., it is time-dependent, and accounts for the roto-pulsating
effects arising both from the rotation of the EM reference frame with
respect to the inertial one and from the time-varying distance between
the Earth and the Moon. Once the spacecraft state has been retrieved
in the Moon-centred J2000 frame, the EoMs of the ephemeris-based
dynamics can be expressed as follows:

¢, =c3Xcy 12)

=0

~-

(13)

A4

r N
Hpy o7 ta
17113 r

where u,, is the standard gravitational constant of the Moon. The

vector a, represents the sum of the perturbing accelerations to which

the spacecraft is subject due to the third-body gravitational influence

of both the Sun and the Earth, and to the presence of the lunar

gravitational harmonics. Consequently, it is given &, = a;, +d3, +ag,
Pseli Rj/m

where:

b, ”’(n Fess IP ||R,-,M||3>

is the acceleration associated with the third-body perturbation exerted
by the jth body, characterised by the u; gravitational coefficient, on
the trajectory; r,.,; denotes the position of the spacecraft with respect
to the jth body; and r;,), denotes the position of the jth body with
respect to the Moon.

The perturbing acceleration ag; is related to the lunar gravitational
harmonics, and is computed, in a body fixed reference frame, as derived
in [17] and later described in [18]. The formulation is based on the
definition of the gravity potential, which may be written as:

GMM
U, = Z Z(Cnmvnm + Sy Wom)
n=0 m=0

14)

(15)

where M,, and R,, are respectively the Moon’s mass and radius; G
is the universal gravitational constant; and the coefficients C,,, and
S,m» Which relate the lunar gravitational potential to the Moon’s in-
ternal mass distribution, are derived from data collected by the GRAIL
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mission [19]. In this work, coefficients are included up to degree and
order 50, which offers a sufficiently accurate representation of the
real lunar dynamics. The quantities V,,, and W,,, satisfy specific re-
currence relations, derived from the connections between the Legendre
polynomials and the trigonometric functions appearing in the classical
formulation of a planetary gravitational potential. Note that, following
Eq. (15), the perturbing acceleration ag is computed in a Moon-fixed
reference frame, which is the same frame in which the lunar gravita-
tional coefficients are defined, namely the Moon’s Principal Axis (PA)
frame, oriented as the Moon’s principal inertia axes. To incorporate the
effect of the lunar gravitational harmonics into the equations of motion
expressed by Eq. (13), this acceleration must be rotated into the Moon-
centred J2000 reference frame. The rotation matrix that transforms
vectors from the PA frame to the Moon-centred J2000 frame can be
retrieved at the appropriate ephemeris time using the cspice pxform
SPICE routine.

3. Periodic orbits candidates for the analysis

In this work, a total of six periodic orbits are selected for analysis:
two NRHOs and a Halo orbit around EM-L;, and two NRHOs and a
Halo orbit around EM-L,. Following the formulation in [12], each orbit
is designed in the EM-CR3BP to satisfy symmetry about the xz-plane
of the EM rotating reference frame, crossing this plane orthogonally,
and to reproduce a given initial state exactly after one well-defined
period. Starting from an initial guess, a differential correction algorithm
is used to adjust the initial state vector until the desired periodic
conditions are met. Among the various periodic orbits existing in the
cislunar environment, NRHOs belong to a branch of the Halo family
exhibiting an almost “near-linear” geometry, with a very high apolune
and low perilune. These orbits are also characterised by a higher linear
stability with respect to other members of the Halo family, as quantified
by the Stability Index (SI). The SI is computed knowing that the six
eigenvalues of the monodromy matrix, i.e., the state transition matrix
evaluated over one orbital period, can be divided into three pairs:
the first is trivial and equal to 1; the second consists of two complex
conjugate numbers; and the last is given by a real number with modulus
greater than 1 and its reciprocal. Considering only 4,,,., the maximum
eigenvalue of the monodromy matrix, belonging to the last pair, the SI
can be computed as [20]:

1
A _
< e " imax > ‘

The SI is a measure of linear stability, and a periodic orbit is
classified as linearly stable when ST < 1 [21]. Note that this definition
is given because trivial eigenvalues are not excluded from the compu-
tation of the SI in this case. NRHOs exhibit SI values that fall within
the stable or unstable regime, yet remain very close to unity. Moreover,
the maximum eigenvalues of unstable NRHOs’ monodromy matrices are
consistently negative, in contrast to what is observed for other unstable
orbits belonging to the Halos family. It is important to note that no
universally accepted criteria exist to unambiguously determine which
are the boundaries of the NRHO range inside the Halo family. However,
in this context, all orbits exhibiting these specific characteristics are
considered to be NRHOs. In Fig. 3, the behaviour of the SI and of the
maximum eigenvalue of the monodromy matrix, 4,,,, is shown as a
function of the perilune radius, i.e., the minimum distance between the
orbit and the Moon, for a subset of orbits belonging to the NRHO regime
in L, (left side of the graph) and L, (right side of the graph) or close
by.

All unstable orbits that can be identified as NRHOs are located in
the area highlighted in red, while linearly stable NRHOs are located in
the light blue one. Due to their proximity to the Moon and distinctive
characteristics, NRHOs are excellent candidates for a wide range of
mission concepts and operational applications, and it is therefore of
particular importance to study effective EoL disposal strategies for

1

SI = 5 (16)
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Table 1
Characteristics of the periodic orbits candidates for the analysis: JC, SI and r,,
perilune radius.

Orbit type Id JC [-] ST [-] r, [km]

) A2 3.0465 1.3223 3262.99

NRHO in EM-L, B2 3.0279 1.6927 7627.33
Halo in EM-L, c2 3.0278 16.4465 27 468.05

Al 2.9979 2.6541 3219.67

NRHO in EM-L

RHO in ! B1 3.0040 2.3274 6542.96

Halo in EM-L, c1 3.0043 8.0204 27343.43

satellites operating in these types of orbits. This work only considers
the southern branch of the Halo families, but similar results can be
expected for the northern branch. The characteristics of the six periodic
orbits for which disposal strategies are analysed are reported in Table
1, their detailed initial conditions in Appendix.

These same orbits are shown in Fig. 4 as a function of the phase
angle, which represents a rescaling of the time required to reach a
certain state along the periodic orbit. The phase angle is defined as:

i
6= ZET 17
where 7 is the time needed for a particle moving along the orbit to reach
a certain state and T is the LPO period in the EM rotating frame. The
phase angle is equal to 180° at perilune and to 0°, or 360°, at apolune.
Let us first focus on the orbits related to EM-L,, namely A2, B2,
and C2 (Table 1). The first one, A2 (yellow marker in Fig. 5), is the
closest to the Moon, with a very low perilune radius and a minimum
altitude from the Moon’s surface equal to about 1525 km. Among
the considered cases, it is also the unstable orbit closest to linear
stability. It has been chosen as a reference for its proximity to the Moon
and stability characteristics. The second orbit, B2 (orange marker), is
characterised by the lowest stability in the EM-L, NRHO family. It is
also further from the Moon and has a lower JC than A2, i.e., it has a
higher energy in the EM-CR3BP. The third orbit, C2 (red marker), is a
Halo orbit rather than an NRHO; however, it has been included in the
analysis because it exhibits a JC value similar to that of B2, to highlight
the differences in their dynamical behaviour despite comparable JCs.
Furthermore, having the same energy, it is possible to imagine a low-
cost transfer between the two orbits, enabling mission designers to
eventually easily transfer from one to the other, depending on where it
is more convenient to apply a certain disposal strategy. The three orbits
can be identified by the yellow, orange, and red markers in the graphs
in Fig. 5, which illustrate the evolution of the reference characteristics
of the Halo family in the vicinity of EM-L, NRHOs. As in Fig. 3, NRHOs
correspond to the orbits located between the red (unstable) and light
blue (stable) areas found in the graphs on the left and in the centre.
Focusing on the orbits candidates for the analysis and related to
EM-L,, Al (purple marker in Fig. 6) is the closest to the Moon, with
a perilune radius similar to that of A2. It is characterised by a higher
energy with respect to A2 (lower JC) and a lower stability. B1 (light
blue marker) is chosen to have the highest JC in the EM-L, NRHO
range. Finally, C1 (blue marker) is a Halo orbit, and it is identified
by a JC similar to that of B1. The choice of this orbit has been made
following the same logic as for the choice of C2. All three orbits can be
found in Fig. 6, illustrating the evolution of reference characteristics
along the EM-L, Halo family when in the vicinity of NRHOs, and are
identified by a purple, light blue and blue mark, respectively. The
NRHO range is defined by the red (unstable) and light blue (stable)
regions, also in this case.

4. Heliocentric disposal

In this Section, the heliocentric disposal design is detailed, and the
results obtained for the candidate orbits are reported.
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4.1. Heliocentric disposal design

The heliocentric disposal is designed following a two-impulse tra-
jectory, escaping first the EM and then the SE system. Once crossed
SE-L, or L,, the ZVCs of the SE system are closed to prevent the
spacecraft from re-entering the Earth vicinity. To insert a spacecraft
on the unstable manifold of an LPO, its direction must be evaluated
locally for a certain value of 6. The direction of the unstable manifold
at 0y(t)) = 0°, A“(6,), corresponding to the orbit apocentre, can
be computed along the direction of the eigenvector corresponding to
the maximum real eigenvalue of the monodromy matrix, 4,,.. The
direction of the unstable manifold associated with other phase angles,
A“(0), is mapped through the state transition matrix, @(t, 1), computed
between 7, and ¢, associated with the phase angle 6(r), where:

AY(0) = D(1y, 1) A*(0,) (18)

Normalising A“(0), 21"(6') is obtained, which represents the local
linear approximation of the unstable manifold direction. Consequently,
an initial condition of a trajectory on the unstable manifold can be
computed as:

xU(0) = xy(0) + € A“(0) 19)

where x,(0) is the state of the LPO corresponding to a certain value of
0, and ¢ is a perturbation considerable enough to allow for the object
to depart from the reference LPO, but also small enough to not violate
linearity. This value can generally range between 10~® and 10~* for
the EM system and, in this work, is fixed equal to 10~4. The presence
of £ can be physically interpreted either as an initial AV, of an order
of magnitude of 1072 — 107> m/s, or equivalently as an infinitesimal
perturbation applied to the nominal state of the periodic orbit. It is
important to remark that the manifold parametrisation depends on &,
i.e., a variation in e produces a corresponding shift in the phase angle
0. Moreover, the chosen value of ¢ influences the escape timescales: a
larger ¢ generally corresponds to a faster escape.

The direction along which this initial AV (or perturbation) is given
can be chosen to be either positive or negative, as shown in Eq. (19).
For the present study, the value of ¢ was chosen to be always arbitrarily
positive for NRHOs, i.e., when 4., < 0, and with the sign leading
to select the branch directed towards EM-L, for Halo orbits. Once the
spacecraft is injected into the unstable manifold, it follows its natural
dynamics and may:

1. exit the EM-L, bottleneck,
2. impact the Moon, or
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3. remain bounded within the EM system for the entire simulation
time (12 months).

In the latter two cases, the simulation is stopped, and the corresponding
conditions are recorded. If the trajectory exits EM-L,, propagation
continues in the SE-CR3BP, switching the dynamical model once the
Sun’s gravitational influence exceeds that of the Moon. The spacecraft
then keeps following the unstable manifold dynamics. In the SE system,
similar outcomes to the previous simulations can be obtained: exit
from the SE region, either from L, or L,, lunar impact, Earth impact,
or failure to escape within 12 months. Note that there is always the
possibility of switching back to the EM-CR3BP if lunar gravity becomes
dominant again.

For the trajectories that escape the Earth vicinity through either
SE-L, or L,, the SE ZVCs are closed by means of a manoeuvre that
prevents the spacecraft from returning to the Earth neighbourhood, as
long as the SE-CR3BP approximation holds. This manoeuvre is designed
using an energetic approach: it is applied in the anti-tangential direc-
tion of the spacecraft velocity at a selected location and decreases the
spacecraft’s energy sufficiently to virtually close the SE ZVCs at the L,
or L, bottleneck, depending on where the escape happened. To achieve
this, it is sufficient to impose JC . > JCg_; , where JC{ . is the JC of
the trajectory computed at the point where the manoeuvre is applied,
and JCgp_y, is the JC associated with either SE-L, or SE-L,. The 4V
required to close the ZVCs can thus be computed as:

v =] £ VIIv'|I?-4aJC (20)

where v/ is the spacecraft velocity in the SE-CR3BP before the ZVC-
closure manoeuvre, and AJC = J Cp—J C’, i.e., the difference between
the JC at the targeted Lagrange point and that of the trajectory before
closure. The solution corresponding to the minus sign in the second
term of Eq. (20) is not considered in the analysis, as it results in a larger
closure AV compared to the solution obtained with the plus sign. Note
that, in this work, the direction of the ZVCs closure manoeuvre is fixed
to be tangential to the spacecraft velocity to reduce the dimensionality
of the solution space, but an extended analysis including additional
possible manoeuvre directions could be explored in future work.

As a final remark, in this work, heliocentric disposal is considered
achieved whenever a trajectory exits the Earth vicinity through either
SE-L; or SE-L, and the ZVCs closure manoeuvre is applied. This
guarantees that the CR3BP approximation remains valid. However, at
least two further points must be highlighted:

1. From a long-term sustainability point of view, escaping through
SE-L, may be preferable to escaping through SE-L,, to avoid
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having uncontrolled objects orbiting the interior region of the
solar system. Although both options are treated as viable in this
analysis, they are distinguished in the subsequent discussion to
allow for a focus on a preferred option if needed.

. The results obtained here are valid only as far as the approxi-
mations previously discussed hold. Manifold dynamics map the
evolution of escape trajectories in a high-fidelity, ephemeris-
based dynamical model, but a final disposal design must be
supported by long-term simulations performed also in these
more complete models.

4.2. Simulation and results

In this Section, the results related to heliocentric disposal for the
six orbits listed in Section 3 are presented. The reference LPOs are
identified only by their labels; for a detailed description of their char-
acteristics, see Table 1.

The analysis begins with the three LPOs associated with L,, namely
A2, B2, and C2. In Fig. 7, the trajectories along the unstable manifold
of orbit A2 are shown, propagated either until escape or for the full
12 months integration interval whenever escape or impact does not
occur. Results are presented as a function of the phase angle of the
departure point, 6,, discretised with a resolution of 2°, and for four
different values of «,, the phase between the SE and EM systems at
departure from the LPO, set as 0°, 90°, 180°, and 270°.

What is of particular interest is both the shape and the evolution
of the escape trajectories, as well as the strong influence exerted by
the phase angles 6, and «,. A symmetry in the solution space with
respect to , can be hypothesised by examining the four values for
which the escape trajectories are shown. It is also interesting to observe
that trajectories departing from a given point on the LPO, characterised
by a specific value of 6, tend to escape through L, for a certain value of
ay, and through L, for the same value of «, plus 180°. This behaviour
is of significant interest, as it may indicate an intertwined symmetry
in the way these two parameters influence the simulation outcomes.
In Fig. 8, the cost of the ZVCs closure manoeuvre is reported for the
four considered cases as a function of both 6, and the time spent by
the spacecraft on the manifold before performing the ZVCs closure
manoeuvre.

The graph is coloured in yellow when the unstable manifold tra-
jectories escape the EM system but do not cross either SE-L; or SE-L,
within the considered time frame; in purple for lunar impacts and in
red for Earth impacts. Whenever escapes are present, they are overlaid
by either a white or a blue region: the white area corresponds to escape
through SE-L,, while the blue area corresponds to escape through
SE-L,. Symmetry on the results obtained between a certain «, and
ay+180° is evident also in this second representation of the results. The
solution space appears scattered, a behaviour attributable to the strong
linear stability of the initial NRHO and to its proximity to the Moon,
both of which interfere with the escape. On the left-hand side of the
plot, the graph remains empty even for cases that eventually succeed:
for low ToF values, disposal is not feasible because neither SE-L, nor
L, has yet been crossed. Once the crossing occurs, the disposal cost is
initially very high and then gradually decreases as the ToF increases.
This trend is consistent with the behaviour reported in [22] for no-
return escape trajectories departing from EM-L,, studied considering
only the EM-CR3BP.

The AV's required to close the ZVCs are generally quite large, even
if, when allowing for long ToFs, the disposal cost can reach values in the
order of 25-50 m/s. To aid the visualisation of this aspect, markers have
been added to the graphs shown in figures such as Fig. 8. These markers
indicate, as 6, varies, the minimum ToF required to reach conditions
under which the total AV is equal to 50 m/s. The long ToFs observed are
a reasonable result, as A2 lies very close to the Moon and is therefore
inherently disadvantaged compared to other orbits when attempting to
escape the SE system, leading to longer ToFs. The corresponding JC
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gap to be covered by the ZVCs closure manoeuvre is significant, leading
to a substantial AV requirement when the SE-CR3BP dynamic only is
considered. Also, as was observed in [22] for the EM system only, once
the trajectory exits the ZVCs of the reference system, the ZVCs closure
manoeuvre AV diminishes as the distance from the dominant body in
the system increases, i.e., the minimum AV is reached at the apocentre
of the disposal trajectory with respect to the Sun. What differs with
respect to the EM-only analysis is the timescale required to achieve
escape. In the present case, the escape time is naturally more extended,
and as a consequence, the apocentre condition is not always reached
within the considered time frame, even if the relationship between the
AV and the distance from the Sun remains clear.

The evolution of the escape trajectories is not reported here for the
other LPOs at L,, as it closely resembles the behaviour observed for A2.
The corresponding evolution of the AV for orbit B2 is instead shown in
Fig. 9.

The symmetry of the solutions with respect to «j is clearly visible
also in Fig. 9, when the orbit B2 is considered. In this case, the
evolution of the escape behaviour is considerably less scattered than
what was observed for orbit A2. This is consistent with the fact that B2
is characterised by a lower linear stability (the lowest within the NRHO
family) and by a larger distance from the Moon. The disposal AV costs
and time scales are similar to what was observed for A2. The results
obtained for orbit C2 are reported in Fig. 10.

The results obtained for C2 are very similar to those obtained for
B2 (recall that the two orbits share the same JC, although C2 is a Halo
orbit rather than an NRHO). It is also interesting to observe that the
shape of the AV evolution for B2 with @, = 90° appears to resemble
that of C2 with a; = 0°. The same holds for other pairs of «, values.
Moreover, in this case, the lower linear stability with respect to B2 does
not seem to have a strong influence on the results.

Let us now proceed to analyse the dynamics of the escape trajecto-
ries for Al, shown in Fig. 11.

The trajectory evolution is similar to what was observed for A2 in
Fig. 7, even though Al is an orbit centred around EM-L,. The evolution
of the AV for Al is reported in Fig. 12.

The colours in the graph correspond to the same cases described
previously. An additional outcome is included: the possibility that no
escape from the EM system occurs throughout the entire integration
interval. Whenever this happens, the plot remains white for the overall
range of ToFs considered. The same general conclusions drawn for the
L, orbits remain valid. Compared with A2, which has approximately
the same distance from the Moon as Al, escape appears to occur
over a broader interval of 6, (for a given value of a;). This suggests
that, in this case, the manifold may be governed by a less chaotic
dynamical behaviour, an aspect that could be attributed to the lower
linear stability of A1l with respect to A2. The symmetry with respect
to « is clearly visible in this case as well, and the same behaviour is
observed for B1 and C1. The evolution of the ZVCs closure 4V for Bl
is reported in Fig. 13.

The behaviour observed is consistent with that of the other orbits
analysed. An interesting aspect in this case is that, despite the presence
of manifold trajectories that do not escape the EM system at all, the
escape behaviour in the SE system is well structured and concentrated
around specific values of 6, similarly to what was observed for Al.

Finally, the results obtained for C1 are presented in Fig. 14.

In this case, the evolution of the escape behaviour is highly chaotic,
almost as much as what was observed for A2. A plausible explanation is
that, for C1, the increased distance from the Moon, which corresponds,
in this case, also to an increased distance from L,, leads to a manifold
structure that is unstable and strongly nonlinear, making it poorly
suited for heliocentric disposal. It is also worth noting that orbits
Bl (NRHO) and C1 (Halo orbit) share the same JC, just as B2 and
C2 do. For Bl and C1, it is reasonable to hypothesise that, having
comparable energy levels, low-cost transfers between the two orbits
may exist through heteroclinic connections between their stable and
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unstable manifolds [23]. Such connections could allow a spacecraft to
be transferred from its original operational orbit (for example, C1) to
a secondary orbit (for example, B1) from which heliocentric disposal
is more favourable, for then performing the disposal manoeuvre. To
summarise, this work has shown that low-cost heliocentric disposal
solutions can be achieved for the considered orbits by appropriately
selecting the initial perturbation ¢ (or initial 4V') used to insert the
spacecraft onto the unstable manifold, and by targeting specific values
of 6, and a,. One of the main limitations of this approach is the
long ToF required to achieve escape, particularly when a ZVC closure
manoeuvre is considered, which may pose operational difficulties. It
is worth noting, however, that the ToF to escape strongly depends on
the initial perturbation e: as reported, for example, in [9], increasing
the initial AV generally leads to shorter ToFs, although this implies not
considering the linear approximation for the unstable manifold adopted
in this work. Finally, the necessity of the ZVCs closure manoeuvre in
ephemeris-based dynamics remains an open question. These points will
be addressed in future work.

5. Controlled lunar impact

In this Section, the controlled lunar impact disposal design is de-
tailed, and the results obtained for the candidate orbits are reported.

5.1. Controlled lunar impact disposal design

Controlled lunar impact disposal trajectories are modelled as three-
impulse transfers, obtained by solving a multiple-shooting Sequential
Quadratic Programming (SQP) problem. The objective function min-
imises the total disposal 4V, while enforcing the constraint that the
trajectory must impact the lunar surface. As a first step, disposal options
are searched within the EM-CR3BP dynamical framework. The first
impulse is applied, analogously to the heliocentric disposal strategy,
to insert the spacecraft onto the unstable manifold of the selected
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operational periodic orbit. The derivation and definition of the unstable
manifolds follow the same general principles discussed for the helio-
centric disposal case. The sign of the perturbation ¢ is again fixed to
be positive for NRHOs. For Halo orbits, instead, the sign is chosen such
that the selected branch of the unstable manifold is the one directed
towards the Moon. Consequently, as in the heliocentric disposal case,
both the magnitude and direction of the first AV are fixed a priori. Once
the spacecraft is inserted onto the unstable manifold, it naturally tends
to approach the Moon for at least some of the considered phase angle
values. The multiple-shooting algorithm then applies relatively small
corrections to the trajectory in terms of AV to guarantee a lunar impact
by lowering the trajectory perilune.

It is important to emphasise that the adopted optimisation strategy
leads to a local optimum of the solution space rather than a global
one. As a consequence, the solutions obtained are optimal only within
the neighbourhood of trajectories consistent with how the problem was
initially formulated. To more globally assess the impact of, for instance,
the number of manoeuvres on the results, a broader analysis should be
performed in which the number of impulses is explicitly included as a
design variable. This aspect is important to highlight because, in princi-
ple, even a single impulsive manoeuvre, when combined with the initial
insertion onto the unstable manifold, could be sufficient to achieve a
lunar impact, if longer ToFs are considered acceptable [24]. However,
multiple-shooting schemes generally converge more reliably when an
adequate initial guess is provided; for this reason, and considering that
additional constraints must be included in the simulation, the three-
impulse strategy is preferred. Also, to limit the number of optimisation
variables, the direction of each manoeuvre is fixed to be tangential
to the spacecraft velocity, although its sign may be either positive or
negative. The considerations on how this modelling choice restricts or
reshapes the design space could be further investigated in future works
as well.

As in classical optimisation problems, the objective function is de-
fined to minimise the total AV. A lunar-impact condition is imposed as a
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constraint, together with a maximum allowable ToF of 20 days, i.e., the
time the spacecraft is allowed to remain on the disposal trajectory be-
fore impacting the lunar surface. This constraint is introduced because
the region in which the spacecraft orbits is influenced not only by the
EM-CR3BP dynamics, but also significantly by the Sun’s gravity and
by lunar gravitational harmonics. Therefore, imposing a limit on the
ToF ensures that the actual dynamics can be reasonably approximated
by the CR3BP over the considered interval, maintaining a reasonable
accuracy in the results obtained. Moreover, constraints are included in
the optimisation to prevent impacts on protected regions as well. The
Moon is not only of significant scientific interest, but it also contains
historical and cultural heritage sites that must be preserved, as well
as areas of particular relevance for future applications, which cannot
reasonably be used as disposal sites. Current guidelines regarding these
aspects do not always fully agree; however, for the present study, two
main constraints have been considered:

+ Avoidance of historical sites. Recommendations provided in [25]
strongly advise avoiding impacts within a radius of at least 2 km
from locations identified as historically significant, such as the

756

Apollo landing sites. It is also suggested that these sites be over-
flown only on trajectories tangent to the lunar surface, to avoid
passing over them during the descent phase. This latter aspect has
not been included in the present work but should be considered in
future studies, for instance by excluding impact trajectories with
longitudes similar to the ones of protected sites but at higher
latitudes. Such a constraint would prevent contamination from
material released by the spacecraft during descent. In this study,
historical landing sites from the Apollo, Luna, Surveyor, Chang’e,
GRAIL, and LADEE missions are considered. The coordinates of
these sites are retrieved from the Lunar Reconnaissance Orbiter
Camera (LROC) database [25,26].

Avoidance of areas of particular scientific interest. The Committee
on Space Research (COSPAR) specifies that planetary-protection
guidelines must be enforced for landings within Permanently
Shadowed Regions (PSRs) or near the lunar poles, i.e., at latitudes
higher than 86°N or lower than 79°S [27]. Although landings in
these areas are possible, they are not suitable candidates for dis-
posal operations, as enforcing planetary-protection requirements
during an uncontrolled or semi-controlled disposal descent phase
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is considerably more difficult. Moreover, given their scientific
importance, PSRs and polar regions should not be used as disposal
sites. A latitude constraint is introduced in the optimisation pro-
cess to avoid impacts near the lunar poles. No explicit constraint
has been included for PSRs; however, since most PSRs are located
close to the poles, they are implicitly avoided by the latitude
bound. Future work should incorporate a comprehensive cata-
logue of PSRs into the simulations, following a similar approach
to that adopted for historical heritage sites.

It is important to note that, since no universally accepted guidelines
currently exist, additional regions could in principle be considered
protected as well. Nevertheless, the areas included in this study are
those identified as the most relevant from both scientific and cultural
perspectives, and they are also the ones most consistently recognised
across multiple reference documents. As a final comment, it may also
be reasonable to consider, in future studies, introducing constraints on
allowed impact regions rather than on forbidden ones, directing all
disposed spacecraft towards well-defined, graveyard-like locations on
the lunar surface. However, because current regulations do not adopt
such an approach, the present work instead focuses on avoiding regions
of interest. Impact areas constraints are imposed as nonlinear optimi-
sation constraints on longitude and latitude. These two parameters are
computed using the impact locations expressed in the Mean Earth/Polar
Axis (ME) Moon-centred lunar body-fixed reference frame, which is
the recommended system for lunar cartographic applications [28]. The
rotation matrix between the Moon-centred J2000 inertial and the ME
Moon-centred reference frame is provided by SPICE, thanks to the
cspice pxform routine. The departure date from the LPO for all impact
trajectories is fixed as April 15th 2026.

5.2. Simulations and results

In the following Section, the results obtained for the controlled
lunar-impact disposal design are presented. First, solutions obtained
within the EM-CR3BP are shown for all six reference orbits; subse-
quently, a selection of impact trajectories is refined using an ephemeris-
based dynamical model for A2 and Al. Within the CR3BP framework,
solutions are reported as functions of the phase angle 6, discretised
with a resolution of 2°, yielding a total of 181 distinct initial conditions
along the orbit from which the spacecraft departs. In Fig. 15, lunar
impact trajectories for A2, B2 and C2 are reported.

It is evident from the evolution of the lunar impact trajectories that
the farther the reference orbit lies from the Moon, the more challenging
it becomes to achieve disposal through controlled impact. For A2
(leftmost graph of Fig. 15), disposal through lunar impact is obtained
for all the considered initial conditions. The second manoeuvre point
almost always lies very close to the periodic orbit itself, indicating
that the time spent by the spacecraft on the unstable manifold before
performing any manoeuvre is nearly zero for the majority of conditions
and that, in practise, two AV's, including the initial perturbation along
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the manifold, may be sufficient to impact the Moon successfully. The
third manoeuvre is performed close to the apolune for the majority of
the solutions, which is consistent with the theoretical expectation that
applying an impulse near apolune is the most effective way to lower
the perilune, driving the spacecraft towards impact. This behaviour
suggests that the initial unstable manifold trajectories naturally pass
very close to the Moon.

For B2, the evolution of the disposal trajectories is less regular as 6,
varies, leading to multiple overlapping patterns. The second manoeuvre
point once again tends to lie close to the unstable manifold insertion
point or near the NRHO itself, especially around perilune. The third
manoeuvre is still performed near apolune for most solutions, although
in some cases the corrective impulse that ensures impact occurs closer
to the Moon. While most unstable manifold trajectories for B2 can be
successfully refined into impact trajectories, for C2 this is true only for
a limited subset of 6§, values near perilune. This is due to the fact that,
for Halo orbits, the unstable manifold generally passes farther from the
Moon than in the NRHO case, making controlled impact more difficult
to impose. The locations of the second and third manoeuvre points for
C2 remain consistent with the behaviours observed for A2 and B2. In
this case, if controlled lunar-impact disposal were required for a space-
craft operating on C2, it could be advantageous to exploit heteroclinic
connections to first transfer the spacecraft to B2 and then perform the
disposal from there, where the geometry is more favourable.

In Fig. 16, the impact locations on the Moon surface and the
evolution of the total AV as a function of the ToF and the departure
phase angle 6, are shown for orbit A2.

Impact locations are reported as a function of latitude and longitude
on the lunar surface, computed in the ME reference frame. The red
regions at the top and bottom of the plot correspond to latitudes
excluded by the constraint adopted to avoid impacts near the lunar
poles. Red dots indicate historical sites that must not be impacted.
Note that the actual protected regions are indicated by the black point
at the centre of each red area; these regions appear larger in the
plot just to help with the visualisation. All protected locations are
successfully avoided. Impact points tend to cluster in specific areas
as a function of 6, with most of them located near the lunar North
pole. This is expected, since for A2 the disposal trajectories closely
resemble the associated unstable manifold trajectories; thus, impact
is achieved simply by lowering the perilune, which for most of the
trajectories of this manifold naturally lies near the lunar North pole. In
the corresponding plot of AV as a function of the ToF and the phase
angle, different solution regimes can clearly be distinguished as 6,
varies, forming distinct Pareto-like structures. In general, lunar impact
is achieved more rapidly for departures near perilune (6, 180°),
whereas departures near apolune (6, = 0°,360°) tend to require longer
ToFs if high AV's are to be avoided. The mean disposal cost is about
25m/s, for a mean ToF of about 8 days.

The same results are shown in Figs. 17 and 18 for B2 and C2,
respectively.

For the impact points associated with B2, the same general consid-
erations made for A2 still hold. It should be noted that a few impact



M. Bolis et al.

©
S

60 300
— 30 240
s =
E 180 =
61 <
3

-30 120

60 60

-120 -60 60 120 180

Longitude [*]

Acta Astronautica 247 (2026) 743-764

360

o o °
. .
80 ° ° o
o © o
240
= 60 ’.‘ 8 %
=) e Y v ° 180 =
N <
540 ° S
4 120
°
. °o»
20 o
0 0
0 5 10 15 20
ToF [days]

Fig. 17. Left: impact locations on the Moon surface as a function of the departure phase angle 6,. Right: evolution of the disposal AV as a function of the ToF
and the departure phase angle 6, - Orbit B2. (For interpretation of the references to colour in this figure legend, the reader is referred to the web version of this

article.)

©
S

60 300
— 30 240
e I —
E 180 =
61 <
3

-30 120

60 60

Longitude [*]

] 360

3
‘.’, . sé’

300
240
180 =
<
120

60

10
ToF [days]

20

Fig. 18. Left: impact locations on the Moon surface as a function of the departure phase angle 6,. Right: evolution of the disposal 4V as a function of the ToF
and the departure phase angle 6, - Orbit C2. (For interpretation of the references to colour in this figure legend, the reader is referred to the web version of this

article.)

. w360 . =360 360
005 « Sccond manoeuvre point 0.05 + Second manoeuvre point| 0.1- + Second manoeuvre point
| = Third manoeuvre point ‘ * Third manoeuyre point | } * Third manoeuvre point
oy —a N3 0 ‘ ol 0.05 | e~ 300
0.05 0,05 0 |
- 240 3 ’ 240 : } 240
S o1 — 2 .01- = X005 -
Q 180 2 = 180 = = ‘ 180 =
= pe! LS & 01 £
2 s <015 - ‘
120 120 120
02 } 0.15
02 ‘ }
60 025 60 021 60
0.25 - 01 [ B
005 >~ _—— b R J B s eSS il
Bos 095 ! 0 o 095! 0 01 09 095! 0
ry [LUgm] 7 [LUgn ry [LUgy] 7 [LUgy) ry [LUgn) LU

Fig. 19. Controlled lunar impact disposal trajectories evolution as a function of the phase angle 6, for the three LPOs in L, selected as candidates for the analysis.
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points lie close to historical sites, although they remain technically
outside the protected 2 km radius region surrounding them. The range
of longitudes reached in this case is significantly more scattered than
for A2. This behaviour is driven by the greater diversity in the dynam-
ical behaviours exhibited by the trajectories, as well as by the larger
range of ToF values leading to lunar impact in the B2 case, as also
shown in the right-hand graph. In this case, departures near perilune
appear to be the most favourable options, producing a region with
many solutions featuring low ToF values (around 12 days) and low 4V
(approximately 30m/s). Some trajectories require considerably higher
AV, but the mean value remains reasonable for a disposal scenario, with
the majority of solutions exhibiting a AV of roughly 50 m/s for a ToF
of about 7 days.

For C2, only a limited subset of trajectories actually leads to success-
ful disposal, as also highlighted in Fig. 15. Nonetheless, the trajectories
that do result in impact yield promising outcomes, with impact loca-
tions clustering within two well-defined longitude ranges and a clear
Pareto-like front in the AV versus ToF diagram. The mean AV remains
around 45m/s for a ToF of approximately 9 days. Disposal through
controlled lunar impact remains a viable option also for C2, provided
that the departure occurs for well-defined values of 6. Finally, for both
B2 and C2, all impact points lie at high lunar latitudes, for the same
reasons discussed previously for A2.
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In Fig. 19, controlled lunar impact trajectories are shown for the
LPO candidates for the analysis centred at L,, going from left to right:
Al, B1, C1.

The evolution of the disposal trajectories from Al to C1 is very simi-
lar to what was observed for the L, LPOs, confirming that the dominant
factor governing the trajectory behaviour is, in this case, the distance
from the Moon. As for L, LPOs, the number of trajectories successfully
impacting the Moon decreases for C1, and the departure phase angles
leading to a successful disposal are almost entirely concentrated around
the perilune region. Note that, for Al, the third manoeuvre locations
are not all clearly clustered near apolune, unlike what is observed for
the other orbits considered. This behaviour can be justified by the fact
that, as indicated by the purple band between # = 120° and 180°
in Fig. 12, some of the unstable manifold trajectories departing from
Al naturally lead to a lunar impact even when only the manifold
insertion impulse is applied, with no additional manoeuvres. This is
further confirmed by the 4V evolution shown in the right-hand plot of
Fig. 20, where very low values of AV appear to be enough to dispose
of the spacecraft for departure points with 6, close to the 120°-180°
region.

Disposal conditions far from these lead to higher 4V's and lower
ToFs such that two very distinct regions of both 4V and ToFs evolution
and impact points can be identified in both graphs of Fig. 20, the first
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with mean AV of about 10m/s and mean ToF of about 8 days, the
second with mean AV of about 70 m/s and mean ToF of about 4 days. In
Figs. 21 and 22, the same results are shown for B1 and C1, respectively.

Similar considerations to those discussed for B2 and C2 apply here.
The solutions associated with B1 exhibit mean AV and ToF values
comparable to those obtained for B2, while those related to C1 display
a mean AV of approximately 55m/s for a mean ToF of about 12 days.

Once all the simulations within the EM-CR3BP framework had been
completed, the disposal trajectories identified were refined using the
ephemeris-based dynamical model. The problem in the ephemeris-
based dynamics is formulated in the same way as in the EM-CR3BP
model, with the only difference being the required coordinate and
scaling transformations that allow switching between the rotating EM
frame and the J2000 reference frame, and vice versa. If the optimisa-
tion in the ephemeris-based model was unsuccessful in the preceding
iteration, the solutions obtained from the EM-CR3BP dynamics are used
as initial values for this second analysis. On the other hand, if the
optimisation was successful, the solution obtained from the ephemeris-
based dynamics is used as the initial guess, as in classical numerical
continuation methods. The resulting trajectories are compared with the
corresponding solutions obtained under the approximated dynamics,
providing a preliminary assessment of the relationship between the two

759

models over a limited set of cases. In Fig. 23, lunar impact disposal tra-
jectories are shown when computed in the ephemeris-based dynamics
for orbit A2, in two different views.

Generally, the ephemeris-based dynamical model exhibits a slightly
lower convergence rate than the EM-CR3BP dynamics. It should be
noted that, as in the previous analyses, the departure date is fixed.
This represents a significant limitation from an optimisation standpoint
when using the ephemeris-based model, since the departure epoch
strongly influences the outcome of the disposal design. A dedicated
analysis of how this parameter affects the results will be carried out
in future work.

The overall trajectory profile does not completely diverge from
what was obtained in the EM-CR3BP model. A notable difference, for
instance, is that, with the ephemeris-based dynamics, the third manoeu-
vre occurs directly at the Moon for some of the options considered,
which corresponds to a manoeuvre AV and a ToF equal to zero for
the third disposal trajectory leg. The first manoeuvre is instead almost
always located close to the reference periodic orbit, similarly to what
was observed in the EM-CR3BP dynamics. Fig. 24 reports the resulting
impact locations, along with the evolution of AV versus ToF.

Scatter dots identify conditions obtained under the EM-CR3BP
model, whereas those derived from the ephemeris-based dynamics are
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marked with stars, to enable a quick and direct comparison between
the results of the two models. A significant number of impact locations
obtained with the ephemeris-based dynamics tend to cluster in the same
region as those found using the EM-CR3BP dynamics. The consistency
in latitude is due to the fact that, in both cases, the trajectory design
strategy relies on a gradual lowering of the perilune. It is interesting to
note, however, that in this latter case the range of latitudes covered by
the impact points is much broader, and it almost appears that distinct
groups of trajectories can be clearly identified, each characterised by
a similar dynamical behaviour, as already partially visible in Fig. 23.
The plot of the evolution of AV versus ToF mimics the results found
for the EM-CR3BP, but it is important to highlight at least two aspects.
First, when considering orbit A2, the AV required to dispose of the
spacecraft when using ephemeris-based dynamics is generally lower
than that needed for trajectories with the same departure phase angle in
the EM-CR3BP model, although this does not hold for all the identified
solutions. A similar trend is also observed for the ToF, as promising
disposal solutions can be achieved with AV values of approximately
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12-15 m/s and corresponding ToFs of about 4 — 5 days. Therefore, it
is reasonable to conclude that controlled lunar impact disposal could
be achieved with lower 4V's and shorter ToFs than predicted using
the EM-CR3BP when considering EM-L, NRHOs close to the Moon.
Second, it is also possible in this case to identify multiple families of
solutions, which form different portions of distinct Pareto fronts. This
behaviour was already observed when using the EM-CR3BP dynamics,
but it remains noteworthy, as it represents a clear indication of the
non-linearity of the underlying dynamics. Such non-linearity favours
the presence of multiple local families of solutions when varying the
design parameters, rather than a single well-defined global optimum.
Results relative to orbit Al are shown in Figs. 25 and 26.

The same comments made with respect to A2 can generally be
applied. It is interesting to note that, in this case, the disposal trajecto-
ries reach very high apolune altitudes before impact, likely as a result
of the Sun’s perturbing influence. An interesting aspect that could be
explored in future work is whether more favourable disposal conditions
might be achieved by deliberately exploiting the effects of the Sun
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Fig. 27. Evolution of controlled lunar impact disposal trajectories, shown in two different views — Orbit B2.

w
=)

-120 -60 0 60 120 180
Longitude [°]

) 360

240

* x
Hoe 180
{ 120
L
60

0 5 10
ToF [days]

20

Fig. 28. Left: impact locations on the Moon surface as a function of the departure phase angle 6,, CR3BP dynamics (dots) and ephemeris-based dynamics (stars).
Right: evolution of the disposal AV as a function of the ToF and the departure phase angle 6,, CR3BP dynamics (dots) and ephemeris-based dynamics (stars) -

Orbit B2.

360
300
240
180 2

)
120
60
0

ry [LUgM]

0.1 360
! * Second manoeuvre point
* Third manoeuvre point
300
0
= 240
g
=R -0.1 =
= 180
& <
024 [ 120
034 60
0.1
P |

01

7y [LUgn]

7 [LUEM]

Fig. 29. Evolution of controlled lunar impact disposal trajectories, shown in two different views — Orbit C2.

and lunar gravitational harmonics. Disposal solutions for this orbit are
obtained for AV values below 5 m/s, with ToFs of approximately 4
days. This behaviour is again attributable to the fact that some manifold
trajectories associated with this orbit naturally impact the Moon, as
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already highlighted previously. It is therefore noteworthy to observe
the consistency, in this scenario, between the simplified model and
the ephemeris-based one. The results obtained in the ephemeris-based
dynamics for orbits B2, C2, B1 and C1 are reported in Figs. 27 to 34.
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Orbit C1.

The results for B2 and B1 exhibit trends comparable to those ob-
served for A2 and Al. A key difference, however, is that several
solutions identified for B1 feature a ToF equal to the maximum allowed,
20 days, suggesting lower AV's could potentially be found if longer
ToFs were allowed. By contrast, the outcomes for C2 and C1 are more
noticeably different: they display a significantly lower convergence rate
than the EM-CR3BP dynamics and are associated with higher 4V's. This
behaviour can be attributed to the previously discussed considerations
for controlled lunar impact trajectories related to C2 and C1, as well as
to the optimisation strategy adopted. This strategy is based on reducing
the perilune of trajectories passing close to the Moon, following a
path similar to the unstable manifolds of NRHOs. Consequently, while
this approach is well-suited to NRHOs, it should be reconsidered for
other orbital families whose manifolds naturally remain at greater
distances from the Moon, as evidenced by the results obtained using
the ephemeris-based model.

6. Conclusions and future works

In this work, two disposal strategies were evaluated and compared
for spacecraft operating on six different LPOs: four NRHOs (two around
L, and two around L,) and two Halo orbits in proximity to the NRHO
family. The motivation behind this study lies in the increasing interest
shown in recent years towards missions targeting cislunar space, to-
gether with the need to ensure the sustainable use of space for future
generations. The modelling techniques adopted for the design of both
disposal strategies are first presented, followed by a detailed discussion
of the corresponding results.

Despite being preliminary, this analysis made it possible to identify
several key parameters that govern the search for low-cost disposal
solutions, also providing insight into which approach may be more
suitable depending on the characteristics of the operational orbit. For
heliocentric disposal, a crucial parameter is «,, the phase between the
EM and SE systems at departure. Extending the range of «, in future
analyses may reveal different dynamical behaviours of interest and
potentially lead to even lower-cost solutions. Within this framework,
heliocentric disposal proved to be a viable option for some of the
orbits considered, provided that a specific departure value of 6, can
be targeted and long TOFs before the ZVCs closure manoeuvre are
acceptable. In this case, total AV values on the order of about 50m/s
can be achieved.

For controlled lunar impact, the main parameters influencing fea-
sibility and cost appear to be the distance from the Moon and the
characteristics of the LPO unstable manifold. Controlled impact is
generally achieved at a mean total cost of approximately 50m/s in
the EM-CR3BP dynamics, but with significantly shorter ToFs than in
heliocentric disposal. When considering the ephemeris-based dynamics
or orbits close to the Moon, it is possible to obtain even lower AV
(5-20 m/s) and ToFs values (4—10 days). The drawback, of course,
is the requirement to impact the lunar surface, with the associated
implications. Future work should therefore refine the ephemeris-based
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Table A.2

Initial conditions related to the orbits under consideration.
d xo [LUpgp, LUy /TUpy, ] T [TUgy]
A2 x, =[1.02200497 0 —0.18208322 0 —0.10322015 0] 1.51087111
B2 x, =[1.04520645 0 —0.19449696 0 —0.14850776 0] 1.82448727
c2 xo =[1.11539959 0 —0.19058524 0 —0.22351553 0] 2.84174856
Al xo =1[0.92791029 0 —0.22350579 0 0.11315481 0] 1.81649171
Bl xo =[0.912681524 0 —0.20709513 0 0.154680891 0] 1.83225997
C1 x, =[0.85330746 0 —0.17890824 0 0.26067241 0] 2.50228288

analysis to assess whether it could generate additional debris, and in-
vestigate whether dedicated disposal areas, far from protected regions,
can be selected based on these characteristics. At the same time, error
analyses and Monte Carlo simulations would be required to assess
the uncertainty and safety margins of each scenario. This would be
especially important when transitioning from the preliminary design
stage to the development of solutions for real mission scenarios.
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Appendix. Initial conditions for the orbits under consideration

In Table A.2, the initial conditions in the EM rotating reference
frame, x(, and the period, T, of the orbits selected as candidates for
the analysis are reported.

It is important to note that, to avoid page overflow, not all the
available significant digits of the initial state vector x, are reported.
Moreover, due to the intrinsic characteristics of the CR3BP, the repro-
ducibility of an orbit also depends on the numerical integrator used
(MATLAB odel13 built-in integrator in this case) and on the associated
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tolerance settings (relative tolerances set to 2.22045-10~'* and absolute
tolerances to 10716). As a result, the initial conditions reported above,
if simply propagated within the CR3BP, will almost always not directly
yield a periodic orbit. However, they can be effectively used as accu-
rate initial guesses for a differential correction algorithm [12], which,
within a few iterations, would converge to exact periodic solutions,
even when slightly different integration settings are adopted.
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